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ABSTRACT 


Damage tolerance characteristics and results from experimental and analytical studies of a 
composite fuselage keel sandwich structure subjected to low-speed impact damage and discrete-source 
damage are presented. The test specimens are constructed from graphite-epoxy skins bonded to a 
honeycomb core, and they are representative of a highly loaded fuselage keel structure. Results of 
compression-after-impact (CAI) and notch-length sensitivity studies of 5-in. -wide by 10-in-long 
specimens are presented. A correlation between low-speed-impact dent depth, the associated damage 
area, and residual strength for different impact-energy levels is described; and a comparison of the 
strength for undamaged and damaged specimens with different notch-length-to-specimen-width ratios 
is presented. Surface strains in the facesheets of the undamaged specimens as well as surface strains 
that illustrate the load redistribution around the notch sites in the notched specimens are presented and 
compared with results from finite element analyses. Reductions in strength of as much as 53. 1 percent 
for the impacted specimens and 64.7 percent for the notched specimens are observed. 


INTRODUCTION 


One of the primary goals of the Advanced Composites Technology (ACT) program is to develop 
the enabling technology that will allow composite materials to be used in the primary wing and 
fuselage structures of the next generation advanced subsonic transport aircraft. As part of the ACT 
program, the Boeing Commercial Aircraft Group (BCAG) has been working to develop cost-effective 

and structurally efficient composite fuselage structure. 1 The focus of this work has been on the 
fuselage section just aft of the main landing gear wheel well of a modem wide-body transport which is 
designated as section 46 on a Boeing aircraft. This fuselage section is 33-feet long and 20-feet in 

diameter, and contains crown, side and keel quadrant sections as shown in Fig. 1 ? As illustrated in 
Fig. 1 , the current fuselage design concept utilizes skin-stringer construction in the crown quadrant 
section and sandwich construction in the side and keel quadrant sections. 
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Sandwich structures have been used extensively in stiffness-critical aircraft secondary structures. 
The application of sandwich structures in aircraft has been restricted in the past due to its undesirable 
moisture absorption and moisture retention characteristics, and due to an insufficient understanding of 
low-speed impact-damage mechanisms and the effect of such damage, as well as discrete-source 
damage, on the structural performance of such structures. Sandwich structures still have the potential 
for improved structural efficiency and reduced manufacturing cost. Now that sandwich concepts are 
being considered for application to aircraft primary structures, understanding the effects of low-speed 
impact damage and penetration damage on sandwich structures has become more important. A joint 
NASA/Boeing study has been conducted as part of the ACT program to address of the technology 
issues associated with using composite-facesheet sandwich structure in subsonic transport fuselage 
side and keel panel applications. This study consisted of manufacturing, testing and analyzing full- 
scale keel- and side-quadrant-section sandwich panels. 

As part of an ongoing effort to develop keel panel structure for section 46 of the fuselage, a keel 
panel representative of the forward part of the section 46 keel was designed and fabricated by the 
Boeing Commercial Airplane Group. The panel is constructed from graphite-epoxy facesheets varying 
in thickness along the panel length from 50 to 36 plies bonded to a fiberglass honeycomb core. An 
experimental and analytical study of this keel panel with thick facesheets was conducted at NASA 
Langley Research Center to understand the load distribution and failure mechanisms of the panel with 
and without impact and discrete-source damage. 3 The impact-damage conditions simulated in the 
experimental study of Ref. 3 correspond to barely visible impact damage (BVID). For the test panel 
studied, BVID was considered to have occurred when the residual dent depth on the facesheet 
measured at the impact site was greater than or equal to 0.05 in. or if the impact-energy level was equal 
to 100 ft-lb. The damage conditions at different locations of the panel corresponding to different 
impact-energy levels were determined using impact-damage screening-test results from another panel 
of the same design. The impact-damage screening-test results indicated that a significant amount of 
through-the-thickness damage occurred in the facesheet at much lower impact-energy levels than for 
monolithic laminates with the same construction features as the facesheets. Also, for impact-energy 
levels as high as 100 ft-lbs, the residual dent-depth values were much less than 0.05 in. for thick 
facesheet sandwich plates. These impact-damage characteristics also suggest that, for low-level 
impact-energy levels, considerable reduction in compression-after-impact strength occurs for the 
sandwich structures, and the reduction in strength could be much greater if a dent-depth value of 0.05 
in. was used as a BVID criterion. The dent-depth criterion assumed in the study of Ref. 3 does not 
appear to be appropriate for the damage-tolerant design of sandwich structures with thick facesheets 
and needs further investigation. 
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Discrete-source damage was simulated in the study of Ref. 3 by machining a 2-in.-long notch 
across the specimen width through both facesheets of the panel. The ratio of the specimen width to the 
notch length for this specimen condition is equal to 5, which is adequate to avoid boundary effects on 
the panel response. There is currently a lack of information on the effect of notch size on the failure 
modes and residual strength of compression-loaded sandwich structures with thick facesheets that are 
candidates for aircraft primary structural applications. 


The present paper describes the results of a compression-after-impact (CAI) study and a notch- 
length sensitivity study of specimens machined from the large fuselage test panel studied in Ref. 3. 
Experimental results for undamaged specimens will be compared with results from finite element 
analyses. The results of the CAI studies will provide a correlation between low-speed-impact dent 
depth, the associated damage area, and the residual strength for different impact-energy levels. A 
comparison of the undamaged and residual strength of specimens with different specimen-width-to- 
notch-length ratios will also be presented. Facesheet surface strains from the experiments that illustrate 
the load redistribution around the notch sites will be presented and compared with results from finite 
element analyses. 


DESCRIPTION OF TEST SPECIMENS 


The forward keel panel test article studied in Ref. 3 is representative of the structure that would be 
used in the keel quadrant section of the highly compression loaded forward end of fuselage section 46. 
As discussed in Ref. 2, the current keel-quadrant-section design utilizes a solid 152-ply laminate at the 
forward end of section 46. As the magnitude of the compression loads become smaller towards the 
lightly loaded aft end of the keel quadrant section, the structure transitions to a sandwich construction 
with 12-ply facesheets at the aft end. To accommodate the changes in the thickness of the facesheets 
required to attain this transition, it is necessary that a certain number of plies be terminated or dropped 
in the facesheets along the length of the keel quadrant section. The fuselage forward keel panel studied 
in Ref. 3 is representative of this type of structure in that it has thick facesheets (> 36-ply laminates) 
and contains several dropped plies along the panel length. 


The test panel studied in Ref. 3 was machined from a larger manufacturing demonstration panel 
that was fabricated to gain manufacturing scale-up experience with tow-placed composite structures 

with dropped plies. 1 This manufacturing demonstration panel, designated FK1 , was designed and 
fabricated by the Boeing Commercial Airplane Group under NASA contract NAS 1 - 1 8889 as part of 
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the ACT program. The facesheets are fabricated from Hercules, Inc. AS4/8552 graphite-epoxy pre- 
impregnated tow material using a tow placement manufacturing process. The honeycomb core is 
Hexcel, Corp. fiberglass Heat Resistant Phenolic (HRP) core material with a 3/16-in. cell size and a 

density of 12 lb/ft 3 . The core is co-bonded to the two facesheets using a film adhesive. Where plies 
are dropped in a facesheet, the outer thickness of the sandwich panel is maintained at a constant 
thickness by tapering the thickness of the core to match the inner surfaces of the facesheets. The 
details of the laminates used and the locations of the dropped plies in this panel are given in Ref. 3. 

A total of twelve 5-in. -wide by lO-in.-long specimens were machined from the keel panel in Ref. 3 
and the remnants of the larger manufacturing demonstration panel. These specimens have an outer 
mold line (OML) radius of curvature of 122 inches, and a constant thickness of 1.53 inches, as shown 
in Fig. 2. To obtain the number of specimens necessary for the present study (ten), some of the 
specimens were machined from areas of the panel that contain dropped plies. A total of eight different 
laminates appear in five of the ten specimens studied. The ply orientations for these laminates are 
given in Table I. A list of the specimen number, the type of test performed on each specimen, and the 
laminates contained in each specimen is given in Table II. As indicated in Table II, specimens 2 and 3 
are identical to each other, while specimens 8, 9, and 10 are identical to each other. Schematic 
diagrams of these two sets of specimens that show the locations of these laminates in the different test 
specimens are given in Fig. 3. In Fig. 3, the dropped plies are represented by dashed lines, and the 
orientation of the dropped ply is shown near each line. The nominal elastic properties of the 
AS4/8552 pre-impregnated tow material are given in Table III. 


APPARATUS AND TEST CONDITIONS 


Tests of ten 5-in.-wide by lO-in.-long specimens were conducted. These specimens were tested 
with three different damage conditions: undamaged, impact-damaged, and notched. The test matrix for 
the study is summarized in Table IV. The impact-energy levels selected for the compression-after- 
impact (CAI) tests were based on the results from the impact-damage screening tests presented in Ref. 
3. Three notch lengths were selected to provide data for a range of specimen- width-to-notch-length 
ratios. The failure loads for all the specimens tested are summarized in Table IV. 

The core at the five-inch-wide loaded ends of the specimens was removed to a depth of 0.5 inches, 
and epoxy resin material was potted between the facesheets to prevent an end-brooming failure. The 
potted ends were machined flat and parallel to each other to assure that a uniform load is applied to the 
specimen. The ten-inch-long edges were not supported. For the CAI tests, the OML surface of the 
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panel was painted white so that a shadow moire interferometry technique could be used to monitor the 
out-of-plane displacements and to observe any local response such as delamination buckling and 
growth at the impact-damaged sites. For the notch-length sensitivity study, a photoelastic coating was 
applied to the OML so that surface strain gradients could be obtained using an optical photoelastic 
technique. 4 The details of the impact damage levels and the notches are described in the next section. 

As indicated previously, a shadow moire interferometry technique was used for the CAI tests to 
monitor out-of-plane displacements of the facesheets and to monitor damage growth around the 
damage sites. A 5-in.-wide by 9-in. -long area in the center of the panel was monitored on the convex 
surface of the panel. The moire fringe patterns were recorded using still photography and video 
photography. The response of the concave surface of the panel was also recorded using video 
photography. 

A 0.04-in.-thick PS- 1 birefringent photoelastic coating made by the Measurements Group was 
used in this study. The photoelastic coating was bonded to the specimen with a premachined notch 
using PC-1 adhesive. After curing the adhesive, the notch geometry of the test specimen was 
machined into the photoelastic coating to match the test specimen. The response of the thick facesheet 
sandwich panels is not expected to be influenced by the photoelastic coating since the photoelastic 
coating has negligible inplane stiffness compared to the sandwich facesheet. The fringe coefficient of 
the photoelastic coating is 1 875 |iin./in. per fringe order. A Vishay Model 03 1 reflection polariscope 
was used during the tests to obtain the color fringe information that represents the strain state in the 
specimen. The photoelastic fringe patterns were recorded using still photography, and the convex 
surface of the specimens were video taped to record the failure of the specimens. 


For all tests, the potted ends of the specimens were loaded in uniaxial compression in a 300-kip- 
capacity hydraulic test machine. The test setup for the test of a notched specimen is shown in Fig. 4. 
The loaded edges of the specimens were clamped into a curved steel support fixture to provide a 
clamped boundary condition at those edges. The unloaded edges of the specimens were unsupported. 
Surface strains were measured using electrical resistance strain gages. Direct-current displacement 
transducers (DCDT’s) were used to measure out-of-plane displacements of the facesheets as well as 
the stroke of the test machine loading platen. The locations of the strain gages for the undamaged 
specimens are shown in Fig. 5. The locations of the strain gages for the impacted and notched 
specimens are shown in Figs. 6 and 7, respectively. The axial load applied to the specimens was 
measured using the test machine load cell. The strain gage, DCDT, and load data were recorded using 
a digital data acquisition system. Data were taken at one second intervals while loading the specimens 
to failure. 
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DESCRIPTION OF DAMAGE CONDITIONS 


Both low-speed impact damage and discrete-source damage are simulated in the present study. A 
summary of the damage state in which each specimen was tested is presented in Table IV. The 

compression-after-impact (CAI) specimens were impacted using a dropped- weight impact apparatus^ 
with an 1 1 .8-lb mass and a 1 -inch-diameter hemispherical tup. Impact energies ranging from 40 ft-lbs 
to 100 ft-lbs were used to impact the specimens. A schematic of the specimen support setup used to 
impact these specimens is shown in Fig. 8. As shown in the figure, the supports used consist of 
curved wooden supports and steel I-beams mounted to a rigid table. The specimens were clamped to 
the support beams to minimize specimen rebound after impact. Other specimen response parameters 
measured include the residual dent depth at the impact site and the area of the damaged site. The 
damage area was measured from the ultrasonic C-scan images of the damage site. The damage area in 
the CAI specimens is represented approximately by the circle of radius R in Fig. 6. The value of R for 
each specimen is indicated in the figure. 

The impact energies used in the present study were selected based upon the results of the impact- 
damage screening tests described in Ref. 3. These screening tests showed that significant internal 
damage can occur for impact energies that are significantly lower than 100 ft-lbs even when the 
residual dent depth at the impact site is much smaller than 0.05 in. Measured values of the residual 
dent depth and damage area at the impact sites are summarized in Table V. As seen in the table, a dent 
depth value greater than or equal to 0.05 inches only occurred in specimen 4 that was impacted with an 
energy level of 100 ft-lbs. This specimen is constructed using the thinnest laminate in the structure (36 
plies). The important trend to note in Table V is that a considerable amount of damage occurs for 
impact energies well below 100 ft-lbs. Furthermore, although the dent depth is only 0.013 inches for 
the thickest specimen (specimen 1) for an impact-energy level of 100 ft-lbs, the damaged area is 4.15 
in 2 . Except for specimen 4, the impact-damage conditions simulated in the present study do not satisfy 
the conventional criteria for barely visible impact damage (B VID), and these conditions would be 
considered to be non- visible damage. The damaged sites on these specimens exhibited very little 
surface damage, and if this damage were to occur in-service on an aircraft structure, it is very likely 
that the damage would go undetected during a routine visual inspection. Therefore, for this less than 
BVID condition, the performance of the structure must not be degraded below the design strain value 
by this damage. The possibility that this type of impact damage might occur during the lifetime of a 
civil transport aircraft is not small. It is therefore important that the effect of this type of damage on the 
structural response of the fuselage structure be well understood and the appropriate B VID conditions 
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be defined. Results of studies of the effect of low-speed impact damage on the response of composite- 
facesheet sandwich structure is given in references 6-10. 

Discrete-source damage is simulated in the present study by a notch machined through both 
facesheets at the mid-length of the specimen. The details of a typical notch are shown in Fig. 9. As 
shown in the figure, the length of the notch is 0.19 inches. Three specimens were tested with notch 
lengths varying from 1 .0 to 2.0 inches. A summary of the notch lengths and different specimen- 
width-to-notch -length ratios is presented in Table VI. The facesheets for all three notched specimens 
areidentical. 


ANALYTICAL MODEL 


The undamaged and notched specimens were analyzed using the DIAL finite element code. 1 1 The 
specimens were modeled as a combination of several sandwich plates each having a different facesheet 
stacking sequence and sandwich core thickness. The dropped plies and variations in core thickness in 
the test panel were therefore accounted for. An eight-node modified thick-shell element was used for 
modeling the plate. These elements are shear deformable and account for the large shear deformations 
associated with sandwich construction. The finite element model of an undamaged specimen is shown 
in Fig. 10(a). This model has a total of 324 elements and a total of 5,080 active degrees of freedom. 

Load is applied to the model by specifying a uniform end shortening, 5, at one of the five-inch-wide 

edges, as shown in the figure. The potted ends of the panel in the test fixture are not modeled; thus, 
the total length of the model is 9.0 inches. The effect of the potting is simulated by clamping the 
loaded edges of the model. The 10-inch-long unloaded edges of the model are free, and the wide- 
column buckling load is predicted to be 328 kips. The finite element model of a specimen with a 1 -in.- 
long notch is shown in Fig. 10(b). This model has a total of 702 elements and a total of 10,941 active 
degrees of freedom. As shown in the figure, additional elements are used in the region of the notch to 
improve the mesh refinement to better represent the stress gradients in that region. 


RESULTS AND DISCUSSION 


Experimental results are presented for the CAI and notch-length sensitivity studies, and analytical 
results are presented for the undamaged and notched specimens. Experimental load-shortening results 
and experimental and analytical global surface strain results are presented and compared for the 
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undamaged specimens. Experimental surface strain results around the impact sites are presented for 
the CAI tests. Experimental and analytical surface strain results around the notch sites are compared 
for the notch-length sensitivity studies. Finally, the failure modes for the specimens are described. 


Compression-After-Impact (CAI) Study 

Load-shortening results are presented in Fig. 1 1(a) for specimens 1-3 and in Fig. 11(b) for 
specimens 4-7. As seen in Fig. 1 1(a), the global stiffness of specimens 1-3 is not affected by the 
presence of the impact damage. This trend is also noted for the thinner facesheet specimens 4-7. 
Impact damaged specimen 6 exhibited a higher stiffness than the others, which appears to be an 
anomaly. Experimental axial surface strain results are presented in Fig. 12(a) for specimens 1 - 3 and 
in Fig. 12(b) for specimens 4-7. The surface strain results presented in these figures are far field 
results near the loaded edge of the specimens. The strain values presented are averaged values of 
back-to-back strain gage pairs near the right and left edges of the specimens. As shown in Figs. 12, 
the far field strain values for all of the CAI specimens are very close to one another indicating that the 
impact damage has insignificant influence on the global axial stiffness of the specimens. Failure 

strains for specimens 1 and 4 with 100 ft-lbs of impact energy are approximately 5,000 |iin./in. 

suggesting that the current design practice of using 4,000-5,000 pin./in. for the ultimate load condition 
is valid. 

Experimental axial surface strain results for specimens 1 and 4 are given in Fig. 13(a) and 13(b), 
respectively. Load is presented in these figures as a function of strain at three locations around each of 
the impact sites. The strain data at location A are the same far field data presented in Fig. 12. Location 
B is very near the damage and is located on the axial centerline of the specimen. Location C is adjacent 
to the damage sites and is located on the horizontal centerline of each site. The strain data recorded for 
location B during the test of the undamaged specimen are also presented in each figure. The data in 
Fig. 13(a) indicate that the impact damage in the thicker specimens does not significantly affect the 
response of the structure in that region since the data for locations A and B are very similar (within 1 
percent of each other). Furthermore, the data at location B for the undamaged-panel test are within 3 
percent of the data for the impacted specimen at that location. At location C, the strain is approximately 
22.5 percent greater than the strain at location A. These results indicate that the damage at this site 
does introduce a local stress concentration, but does not affect the stress state at a location that is 
slightly removed from the damage site. The data in Fig. 1 3(b) indicate that the impact damage in the 
thinner specimens does have an appreciable affect on the response of the panel in that region. The 
strains at location A are approximately 34.6 percent greater than the strains at location B. Furthermore, 
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the strains at location B for the undamaged specimen are 47.4 percent greater than those at location B 
for the impacted specimen. This difference in strains represents the effect of the impact damage on the 
response of the specimen since the data from location B for the undamaged specimen is close to that 
for location A for the impact-damaged specimen. The strains at location C are 2.38 times larger than 
those at location A at failure. Therefore, although the damaged area in specimen 4 is smaller than that 
in specimen 1, the stress concentration is much larger, and the load redistribution in the specimen is 
more extensive. 


Normalized failure loads are shown as a function of residual dent depth, damaged area, and impact 
energy in Figs. 14, 15, and 16, respectively. In these figures, the failure loads for specimens 1 - 3 are 
normalized with respect to the failure load for the undamaged specimen 2. Similarly, the failure loads 
for specimens 4-7 are normalized with respect to the failure load for the undamaged specimen 7. As 
shown in Fig. 14, reductions in compression strength of approximately 50 percent result when the 
residual dent depth value is approximately 0.01 inches. This dent depth value is one-fifth of the 
threshold value for B VID. The maximum reduction in strength for the thicker specimens is 50.3 
percent exhibited by specimen 1 with a residual dent depth of 0.013 inches. The maximum reduction 
in strength for the thinner specimens is 53. 1 percent exhibited by specimen 6 with a residual dent depth 
of 0.0555 inches. The data in Figs. 15 and 1 6 exhibit similar trends and appear to be approaching an 
asymptotic value of the normalized failure load. The important result to note is that appreciable 
reductions in compression strength occurred in all of the CAI specimens even for conditions in which 
the impact damage would be considered to be non- visible. For the thinner facesheet sandwich 
specimens, the BVID criteria of 0.05-in. dent depth or 100 ft-lbs of impact energy appear to be valid. 
These BVID criteria need further evaluation for thicker facesheet sandwich structures. 

Still photographs of the moire fringe patterns at zero load and just prior to failure of specimen 6 are 
shown in Fig. 17. As shown in the figure, there was an appreciable amount of damage growth during 
the test. A typical failure mode is shown in Fig. 18. As shown in the figure, a compression failure 
occurred in the facesheet that was impact damaged. Following this failure, the sandwich specimen 
experienced significant bending, and the remaining facesheet failed in bending. The failure initiated in 
the impacted facesheet at the damage site. A trend noted during the tests is that only the impacted 
facesheet failed in the tests of specimens 1 and 4 (100 ft-lbs of impact energy). Both facesheets failed 
for all other specimens. This difference in failure mode is attributed to the fact that specimens 1 and 4 
exhibited reductions in failure strength of greater than 50 percent when compared to the undamaged 
specimens. Therefore, the residual load in the specimen following failure of the damaged facesheet 
was not large enough to fail the second facesheet. The reductions in strength for the other specimens 
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were less than 50 percent, and the residual load in each of these specimens was large enough to fail the 
second facesheet also. 


Notch-Length Sensitivity Study 

Finite element analysis results for specimen 10 without and with a 1 .0-in.-long notch loaded by 
79.2 kips of axial compression are presented in Figs. 19(a) and 19(b), respectively. The axial surface 
strain variations in the unnotched specimen are due to changes in specimen axial stiffness that is a 
result of terminated plies along the specimen length. The strain gradients in the notched specimen are 
severe at the edge of the notch and the applied load is redistributed around the notch. Maximum values 
of strain occur at a location that is very close to the notch tip in the width-direction of the specimen. 

The analytical surface strain results for specimen 10 with a l-in.-long notch are compared with the 
experimental results for that specimen in Fig. 20. The experimental strain contours are those obtained 
using the optical photoelastic technique. Axial surface strains measured on the concave surface of the 
specimen are given in Fig. 20(b). The experimental and analytical strain magnitudes compare well 
with one another. 

Load-shortening results are presented in Fig. 21 for notched specimens 8-10. As shown in the 
figure, there is a small effect of the notch length on the stiffness of the structure. Specimen 10, with 
the shortest notch, has the highest stiffness, while specimen 8, with the longest notch, has the lowest 
stiffness. Experimental axial surface strain results are presented in Fig. 22 for specimens 8-10. Once 
again, the surface strain results presented in these figures are far field results measured near the loaded 
edge of the specimens. The strain values are averaged values as described in the previous discussion 
of the CAI study. The effect of the notch length on the far field response of the structure is small. The 
strain values for specimens 9 and 10 are very close to each other, while the strain values for specimen 
8 are higher than those for specimens 9 and 10 for a given load. Experimental axial surface strain 
results for specimens 10 and 8 are given in Figs. 23 (a) and (b), respectively. Load data are presented 
in this figure as a function of strain at three locations on the specimen. The strain data at location A are 
the same far field data presented in Figs. 21 and 22. Location B is very near the damage site and is 
located on the axial centerline of the specimens. Location C is at the notch tips and is located on the 
horizontal centerline of the specimen. The data in Fig. 23(a) indicate that the presence of the notch 
significantly affects the response of the structure in that region. The strain value at location A is 
approximately 4.02 times larger than that at location B for specimen 10. At location C, the strain value 
is approximately 2.22 times larger than the strain at location A. Similarly, the strain value at location A 
is approximately 6.07 times larger than that at location B for specimen 8. At location C, the strain 
value is approximately 3.17 times larger than the strain at location A. These results indicate that the 
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notch introduces a large local stress concentration, and it significantly affects the stress state slightly 
removed from the notch site. 


Normalized failure loads are shown as a function of the notch length in Fig. 24 for specimens 8- 
10. In this figure, the failure loads for these specimens are normalized with respect to the failure load 
for the undamaged specimen 7. The trend shown in this figure is similar to that shown in Fig. 18 for 
the CAI specimens. However, the notched specimens exhibit a larger reduction in strength. Specimen 
8, which has a 2.0-in-long notch, exhibits a 64.7 percent reduction in strength which corresponds to a 
normalized failure load of 0.353. The typical failure mode for these specimens is a compression 
failure of both facesheets that initiates at the notch. A photograph of the failure mode for specimen 10 
is shown in Fig. 25. 


CONCLUDING REMARKS 


The objectives of the present investigation are to study the damage tolerance characteristics of 
composite fuselage keel sandwich structure subjected to low-speed impact damage and discrete-source 
damage that is simulated by machining a notch through both facesheets. The fuselage keel structure is 
constructed of graphite-epoxy skins bonded to a honeycomb core, and is representative of a highly 
loaded fuselage keel structure. Compression-after-impact (CAI) and notch-length sensitivity studies of 
5-in.-wide by 10-in-long specimens were performed. The load distribution in the facesheets of the 
specimens is studied using experimental and finite element analysis results. A correlation between 
low-speed-impact dent depth, the associated damage area, and residual strength for different impact- 
energy levels is described, and a comparison of the undamaged and residual strength of specimens 
with different notch-length-to-specimen- width ratios is presented. 

Experimental results from the CAI study showed that a large reduction in strength can occur in 
thick-facesheet honeycomb sandwich structure even if the residual dent depth at the impact site is not 
very large. Results from ultrasonic C-scan inspections of the impacted specimens indicate that large 
areas of internal damage were caused by the impacts. This damage was also present in specimens for 
which the residual dent depth was less than 0.05 inches (the value selected to represent the threshold of 
barley visible impact damage (B VID)). Experimental surface strain results indicate that large stress 
concentrations were present at the impact sites, and that the presence of the impact damage affected the 
response of the structure in the regions slightly removed from the impact sites. Reductions in 
compression strength of up to 53.1 percent were caused by the impact damage. The residual dent 
depth in the specimen exhibiting this reduction is 0.0555 inches. The failure mode of these specimens 


11 



is a compression failure that initiates at the impact damage site of the impact-damaged facesheet and a 
bending failure of the undamaged facesheet and. From the results of this investigation, it appears that 
the 0.05-in. dent depth or 100 ft-lbs of impact energy BVID criteria are applicable only to sandwich 
structures with a certain thickness facesheet and different criteria are required for thick-facesheet 
sandwich structures. 


Experimental results from the notch-length sensitivity study show that large reductions in 
compression strength occur for notched thick-facesheet honeycomb sandwich structure. Experimental 
surface strain results indicate that large stress concentrations were present at the notch sites, and that 
the presence of the notch affected the response of the structure in the regions slightly removed from the 
impact sites. Reductions in compression strength of up to 64.7 percent are noted. The failure mode of 
these specimens is a compression failure of both facesheets that initiates at the notch. 
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Table I. Details of facesheet laminate ply stacking sequences. 

Laminate 1 (50 plies) - Thickest laminate 

[±45 / 0 /+ 45 / 90 / 0 /- 45 / 0 /+ 45 / 90 / 0 /— 45 /90 / 0/±45 / 0 /- 45 / 90 / 0 / 
+45/ 0/±45/0] s 

Laminate 2 (48 plies) 

[±45 / 0/+45/90 / 0/-45 / 0/+45/90 / 0/-45/90 / 0/+45/0/-45/90 / 0/ 

+45 / 0 /± 45 / 0] s 

Laminate 3 (46 plies) 

[±45 / 0/+45/90/0/-45/0/+45/90/0/-45/90/+45/0/-45/90/0/ 

+45/ 0/±45/ 0] s 

Laminate 4 (43 plies) 

[±45/0/ + 45/90/0/ - 45/0/ + 45/90/0/ - 45/90/ + 45/0/ - 45/90/0/ + 45/0/ + 45/0 2 / 

-45/0/ + 45/0/90/ - 45/0/ + 45/90/ - 45/0/ + 45/0/ - 45/0/90/ + 45/0/ + 45] 

Laminate 5 (41 plies) 

[±45/0/ + 45/90/ - 45/0/ + 45/90/0/ - 45/90/ + 45/0/ - 45/90/0/ + 45/0/ + 45/0 2 / - 45/0/ 

+45/0/90/ - 45/0/ + 45/90/ - 45/0/ + 45/0/ - 45/90/ + 45/0/ + 451 

Laminate 6 (40 plies) 

[±45/0/ + 45/90/ - 45/0/ + 45/0/ - 45/90/ + 45/0/ - 45/90/0/ + 45/0/ + 45/0 2 / 
-45/0/ + 45/0/90/ - 45/0/ + 45/90/ - 45/0/ + 45/0/ - 45/90/ + 45/0/ + 45] 


Laminate 7 (38 plies) 

[±45/0/ + 45/90/ - 45/0 2 / - 45/90/ + 45/0/ - 45/90/0/ + 45/0/ + 45/0 2 / 

-45/0/ + 45/0/90/ - 45/0/ + 45/90/ - 45/0 2 / - 45/90/ + 45/0/ + 45] 

Laminate 8 (36 plies) - Thinnest laminate 

[±45/0/+45/90/-45/0 2 /(-45 / 90 /+ 45 / 0) 2 /+45/0 2 /(-45 / 0 /+ 45 / 90) 2 / 
-45/0 2 /- 45 / 90 /+ 45 / 0 /+ 45] 
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Tablejl^Summary of tests performed and laminates used in each specimen. 


Specimen number Type of test Laminates contained in specimen 


1 

CAI 

1 

2 

Undamaged 

1-3 

3 

CAI 

1-3 

4-6 

CAI 

8 

7 

Undamaged 

8 

8-10 

Notch-lengthsensitivity 

4-7 


Table III. Nominal ela stic properties of AS4/ 8552 graphite-epoxy pre-impregnated tow material. 
Ejj,msi E 22 , msi Gj 2 , msi y ^ Ply thickness, in 

178 1 36 0.766 032 0.0073 



Table IV. 

Summary of damage state and failure loads. 

Specimen number 

Damagestate 

Failure load, lbs. 

1 


100 ft- lbs impact 

139,600 

2 


Undamaged 

280,800 

3 


60 ft-lbs impact 

173,500 

4 


100 ft- lbs impact 

103,500 

5 


60 ft-lbs impact 

120,000 

6 


40 ft-lbs impact 

131,300 

7 


Undamaged 

220,700 

8 


2.0-in notch 

77,800 

9 


1 .5-in notch 

87,200 

10 


1 .0-in notch 

111,700 


TableV 1 _Summary of residual dent depth and damaged area at impact sites. 


Specimen 

number 

Impact energy, ft-lbs 

Residual dent depth, in. 

Damaged area, in 2 

Normalized 
failure load 

1 

100 

0.0130 

4.007 

0.497“ 

3 

60 

0.0085 

1.899 

0.618“ 

4 

100 

0.0555 

3.295 

0.469 b 

5 

60 

0.0110 

2.475 

0.544 b 

6 

40 

0.0095 

1.690 

0.595 b 


“normalized with respect to the failure load for specimen 2 
‘’normalized with respect to the failure load for specimen 7 


Table VI. Summary of specimen- width-to-notch length ratios (w/d). 


Specimen 

number 

; ; — * i 

Notch length, d, in. 

w/d 

v ... 

Normalized failure load 3 

8 

2.0 

2.5 

0.352 

9 

1.5 

3.3 

0.395 

10 

anr^rmo ItTarl nrl tL 

1.0 

i i r 

5 

* nr 

0.506 


“normalized with respect to the failure load for specimen 7 
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Figure 1. Details of a generic wide-body transport aircraft fuselage structure. 




Note: taper in facesheets 
and core not shown 


Figure 2. Geometry of test specimens. Dimensions are in inches. 
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Figure 3. Locations of terminated plies in specimens 2, 3, 8, 9, and 10. Dimensions are in inches. 



Unsupported sides 



rK \~ NOTCH' to Wajhc 


Notched test specimen 


Support fixture 


Figure 4. Typical axial compression test setup. 
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Potted end 


Figure 5. Strain gage layout for undamaged specimens 2 and 7. Dimensions are in inches. 

View from specimen convex surface. Bold lines indicate back-to-back strain gage 
pairs, all other gages are mounted on convex surface. 
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2.5 


Potted end 





R= 1.1 30 in. for specimen 1 Potted end 

R = 0.777 in. for specimen 3 
R = 1 .024 in. for specimen 4 
R = 0.733 in. for specimen 5 
R = 0.888 in. for specimen 6 


Figure 6. Strain gage layout for CAI specimens 1, 3, 4, 5, and 6. Dimensions are in inches. 

Viewed from the specimen convex surface. Bold lines indicate back-to-back strain 
gage pairs, all other gages are mounted on the specimen convex surface. 
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Figure 7. Strain gage layout for notched specimens 8, 9, and 10. Dimensions are in inches. 

Viewed from the specimen concave surface. Bold lines indicate back-to-back strain 
gage pairs, all other gages are mounted on the specimen concave surface. 
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Impact site 



Figure 8. Specimen setup used to impact the specimens. 
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Figure 9. Details of machined notch. Dimensions are in inches. 
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324 modified thick-shell elements 


r v 


5,080 active degrees of freedom 

• Uniform end shortening, 5 

• Five-inch-wide edges clamped 

• Nine-inch-long edges free 




/■> 5 











xv\x 


702 modified thick- shell elements 
10,941 active degrees of freedom 

• Uniform end shortening, 8 

• Five-inch-wide edges clamped 

• Nine-inch-long edges free 


(a) Model of undamaged specimen 


/\ 



(b) Model of notched specimen 

Figure 10. Finite element models of undamaged and notched specimens 
Dimensions are in inches 





(a) Specimens 1-3 


Load, lbs. 



(b) Specimens 4-7 

Figure 11. Experimental load-shortening results for the CAI study. 
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Load, lbs. 


Load, lbs. 



250,000 r 


200,000 


150,000 


100,000 


50,000 


0 


Specimen 7 
failure 


Specimen 7 (undamaged) 

Specimen 4 (100 ft-lbs) 

Specimen 5 (60 ft-lbs) 

Specimen 6 (40 ft-lbs) 


Specimen 6 
failure 


Specimen 5 
failure 


Specimen 4 
failure 



Averaged axial 
surface strains 
fa. measured at 

this end 

'Impact 
W////AWA damage location 

1 


-0014 -0.012 -0.010 -0.008 -0.006 -0.004 -0.002 0.000 

Axial surface strain, in./in. 

(b) Specimens 4-7 

Figure 12. Experimental axial surface strain results for the CAI study. 
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Load, lbs. 


Load, lbs. 




(b) Specimen 4 (100 ft-lbs of impact energy) 

Figure 13. Experimental axial surface strain results from the CAI study. 
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1.0b 


0 ft-lbs 


0.8 


O Specimens 1-3 
□ Specimens 4-7 


Normalized 
failure load 


0.6 k 


40 ft-lbs 


0.4 h 


60 ft-lbs 
V 60 ft-lbs 

/V 

\ 100 ft-lbs 


jP 

100 ft-lbs 


0.2 k 


u 0.01 0.02 0.03 0.04 0.05 0.06 

Residual dent depth, in. 

Figure 14. Normalized failure loads as a function of residual dent depth for the CAI specimens. 
CAI failure loads normalized with respect to undamaged specimen failure loads. 


1 .Oh — 


0 ft-lbs 


0.8 


O Specimens 1-3 
□ Specimens 6-9 


0.6 - 

Normalized 
failure load 

0.4 - 


40 ft-lbs 



60 ft-lbs 

c/ 

60 ft-lbs'' 


100 ft-lbs 
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0.2 k 


u 12 3 4 

Damaged area, in^ 

Figure 15. Normalized failure loads as a function of damaged area for the CAI specimens. 

CAI failure loads normalized with respect to undamaged specimen failure loads. 
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Figure 16. Normalized failure loads as a function of impact energy for the CAI specimens. 

CAI failure loads normalized with respect to undamaged specimen failure loads. 
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(a) Applied load - 0 lbs (b) Applied load =130 kips 

Figure 17. Moire fringe patterns for CAI specimen 8 (40 ft-lbs of impact energy). 



Figure 18. Failure mode for CAI specimen 3 (failure load = 173.5 kips). 
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Expanded view of notched region 


(b) Notched specimen 10 (l.O-in.-long notch) 

Figure 19. Analytical surface strain contours for specimen 10 without and with a 1.0-in-long notch. 
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Applied load = 80.0 kips 



(a) Experimental strain contours 


Strain, pin./in. 




-9172 
-6248 
-4924 
-3050 
“ -1459 
- 135 


Maximum strain location (analysis) Applied load = 79.2 kips 





- 772 
(experiment) 


Expanded view of notched region 
(b) Analytical strain contours 


-6090 
(experiment) 


Figure 20. Experimental and analytical strain contours for specimen 10 (1.0-in. -long notch). 
Strains are in pin./in. 


33 




Figure 21. Experimental load-shortening results for the notched specimens (8 - 10). 



Figure 22. Experimental axial surface strain results for the notched specimens (8 -10). 
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Load, lbs. 


Load, lbs. 



(a) Notched specimen 10 (l.O-in.-long notch). 



(b) Notched specimen 8 (2.0-in.-long notch) 

Figure 23. Experimenal surface strain results for notched specimens 8 and 10. 
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Figure 24. Normalized failure loads as a function of notch length for the notched specimens. 

Notched specimen failure loads are normalized with respect to the failure load for 
unnotched specimen 7. 
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Figure 25. Failure mode for notched specimen 10 with a 2.0-in.-long notch (failure load = 77.8 kips). 
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